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Introduction

W HEEL spinup maneuvering strategies are still being studied
and used in spin axis turn or flat spin recovery.1'2 There re-

mains some residual transverse angular momentum in the spacecraft
body causing nutation at the end of the spinup maneuver. The prede-
termined or optimal variable wheel speed method3'4 was suggested
to reduce the residual nutation. The nutation is damped out when
the angular velocity vector is aligned with the system momentum
vector. Stabilization to an equilibrium point depends on the number
of available actuators.5"8

A bias momentum satellite can use its wheel as an active damp-
ing actuator.9'10 A bias momentum wheel is one of the candidate
stabilizing devices for the Electronics and Telecommunications Re-
search Institute's proposed experimental communications satellite
(ETRI ECS-1). The objective of this Note is to study the design
feasibility of a nonlinear feedback control law of a single momen-
tum wheel for suppressing the satellite wobbling induced by spinup
while sustaining the wheel momentum near a nominal value.

Dynamic Characteristics
The system dynamic equations can be written as

hw = u

(la)

(Ib)

where / is the system inertia matrix, hw the wheel relative angular
momentum, /3 = [0 0 l]r, and u?x the cross product matrix of
the angular velocity vector cj. Products of inertia /i2 and /n are
negligible, and thus the system equations are simplified as

= (722 - /23 (̂ 3 ~ ^2) ~

= (/ll - /2

(2a)

(2t>)

(2c)

For fast Earth acquisition after the spinup maneuver, the body
must rotate at nonzero velocity. The final desired angular velocity
is thus assumed nonzero here. The nonzero equilibrium points are
constrained by Jo? + hwl$ = A.CJ, where A. denotes an equilibrium
constant.11 Given a nominal wheel momentum hw = hn at an equi-
librium, then the angular velocity vector satisfies

a>\
(/33 ~ - *) ~ /23 (3)

where v\ is a constant. It is clear from Eq. (3) that when the product
of inertia is nonzero, the momentum wheel axis cannot be aligned
with the angular momentum vector at the equilibrium state.
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Spinup Conditions
At the end of the spinup maneuver, the spacecraft angular velocity

oscillates around the nonzero angular velocity equilibrium points u>e
that satisfy the equilibrium condition Eq. (3). Among those equi-
librium points, first consider the case when a)\e = v\ •£ 0. The
equilibrium values of o}2e and &>3e have uniquely fixed values be-
cause A. = /n when v\ ^ 0. From the conservation principle of
the system angular momentum, the final system angular momen-
tum Hf remains identical to the initial angular momentum //0 as
HQ = Hf = k\\ue\\, and thus H0 satisfies the inequality

7i (4)

This is a necessary condition for vi ^ 0.
Conversely, if the initial system angular momentum is small

enough such that

(5)

then coie should become zero. In other words, by starting the spinup
maneuver with a small initial system angular momentum satisfying
Eq. (5), the angular velocity a>\ oscillates around zero at the end of
maneuver, i.e., Eq. (5) is a sufficient condition for (D\e = 0 at the end
of spinup. When the product of inertia 723 = 0, then Eq. (5) turns
into the sufficient condition for the spin axis convergence shown in
Ref. 1. Without loss of generality, we let o)\e = 0 be the desired
equilibrium point for spinup maneuver in this study.

Active Damping Design
The control objective is to suppress the oscillating angular ve-

locity to the constant value uje while keeping the wheel momentum
near the nominal value. Among several nonlinear control design
techniques, a feedback linearization approach is considered in this
study. Unfortunately, the system is neither locally controllable nor
involutive. Therefore, rather than trying to find an output function of
relative degree four, let us try to find an output function y of lower
relative degree, e.g., two, for simple derivation.

First, consider a system with a general inertia matrix. To simplify
the control law expression, Eq. (la) is converted to

h = hxjh + hjxjh - (6)

where new state variables are defined as h = Iu and / = I~l.
Consider an output function y = y(h), i.e., a function of angular
momentum h only. Necessary conditions12 for relative degree two
lead to

LgLfy = 0 at

where the Lie derivative L,/, and g are defined as

L*y = Ur
= hxjh + hwixjh

From Eqs. (7a) and (7b), necessary conditions for y result in

r (0)723 -oh\

(7a)

(7b)

(8a)

(8b)

(8c)

(9a)

(9b)

Since JB = 0, y needs to include at least one linear term of h\.
We can see in Eq. (2a) that the desired state a>\e = 0 (i.e., hi = 0)
leads both /z2 and /z3 to constant values, i.e., an equilibrium point.
Therefore, suppressing a>} to zero makes the system converge to one
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of the candidate objective equilibrium points, and the selection of
output function y = h\ is reasonable.

Following the systematic procedure for the feedback lineariza-
tion,12 the system equations are transformed to (with definition z\ =

=Z2 (10a)

(lOb)

A candidate control law can then be chosen as

u = \LgLfy + [-L}y - klZl - k2z2] (1 1)

Momentum Management
The control law just chosen stabilizes the system to an equilib-

rium point such as co\ = 0, and o>2, &>3, and hw are all constants.
The requirement of hw is to keep the wheel momentum near the
nominal value at the end of damping while sustaining it within a
user-specified design limit during the damping maneuver. This can
be satisfied by just adding an on-off control logic on the hw control
law in Eq. (11). Suppose that the wheel momentum deviation from
the nominal value is restricted within h\\m. Then the control law hw
is turned on only if either of the following conditions is satisfied:

\hw - hn\ < hum

- hn)hw] < 0

(12a)

(12b)

In addition, h\\m is to be decreased exponentially as follows to make
hw converge to the nominal value:

(13)

where h\\m(to) is the design limit of the momentum deviation and T
is the momentum convergence time constant. If the time constant is
small, it degrades the nutation damping performance; conversely, if
the time constant is large, it degrades the momentum convergence
performance. It is not hard to find a proper time constant. Even
though we cannot expect a control law to directly stabilize both the
wheel momentum and the angular velocity, the wheel momentum is
regulated to the nominal value indirectly by applying the switching
logic of Eqs. (12) and (13).

Simulations
ETRI ECS-1 is to be equipped with a bias momentum wheel

with hn = 55kg-m2/s. The system inertia terms are given as /n =
500, /22 = 400, 733 = 440, 723 = -7, and In = 713 = 0 kg-m2.
After injection to a drift orbit, the spacecraft body is rotating at
about 5 rpm around the first body axis with the wheel speed zero.
By spinning up the momentum wheel to the nominal value hn, a part
of the body momentum is transferred to the wheel, and the angular
velocity vector oscillates around the final desired equilibrium point.
Since the initial system angular momentum 7/0 is sufficiently low,
the equilibrium angular velocity co\e becomes zero at the end of the
spinup maneuver as expected.

With the initial state a; = [1.20 -1.16 26.85]r deg/s at an arbi-
trary time after the spinup maneuver, the feedback gains k\ = k2 =
0.015, and the time constant T = 100 s, simulation shows good
damping performance. The wheel momentum is sustained within
10% of the nominal value during damping and converges to the
nominal value as shown in Fig. 1. The system momentum vector
also converges to its desired equilibrium position, as shown in Fig. 2.
The convergence to the desired equilibrium was found insensitive
to the initial state with the given time constant.

n

300
sec

Fig. 1 Wheel angular momentum control.

Fig. 2 Normalized system angular momentum.

Conclusions
A sufficient condition of the initial system momentum magni-

tude HQ for the convergence to a desired equilibrium at the spinup
maneuver has been derived. A nonlinear nutation damping control
law has been designed for a proposed ECS. Simulation results show
that the nutation has been successfully suppressed by making the
angular velocity converge to the system angular momentum while
the wheel momentum is kept near the nominal value at the end of
damping. The peak wheel momentum is also kept within the design
limit satisfactorily.
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Introduction

E ARTH-ORIENTED satellites typically use horizon sensors to
estimate and correct their roll and pitch errors with respect to

the local vertical. A low Earth orbit (LEO) satellite can achieve roll
and pitch attitude determination accuracy on the order of 0.1 deg
using a single scanning horizon sensor. However, the sensor accu-
racy is limited by errors arising from various sources.1 From these
various sources, the Earth oblateness contributes significant effects
on the sensor measurement errors, which propagate directly to the
satellite attitude estimates. Several authors (e.g., Ref. 1 and the ref-
erences therein) have studied the horizon sensors and impact of
oblate Earth on the attitude errors. Most of the results, however,
have been limited in scope and scattered in the open literature and
internal technical documents. In the Note, we will show a complete
and simple method to determine and correct roll and pitch errors
caused by Earth oblateness for single and scanning type horizon
sensor configurations.

Horizon Sensor Roll/Pitch Attitude Determination
Figure 1 shows how the horizon scanner operates for a spinning

sensor. As the sensor scans the space, its field of view (FOV) crosses
the Earth horizon periodically and defines the horizon crossing vec-
tors. Assuming a spherical Earth, the incoming and outgoing horizon
crossing vectors in the satellite body frame (i.e., Lf and LE

0) can be
defined as a function of the half-cone angle a, canting angle y, and
crossing angles fa and /30, as well the crossing vectors in the sen-
sor frame. For notation simplicity, the canting angle is assumed to

rotate about the satellite YB axis. The sensor frames at both space-
to-Earth and Earth-to-space crossing locations can be defined as
follows: 1) Z axis coincides with the Earth crossing vectors, 2) Y
axis is normal to the plane defined by the sensor cone axis and Earth
crossing vectors, and 3) to complete the triad, X axis has to satisfy
the right-hand rule. Using Fig. 1, Euler rotations can be obtained to
transform these specific sensor frames to the satellite body frame.
Thus, the unit vectors in degree at the Earth and space crossing in
the satellite body frame are

~cos(90 - y) 0 -sin(90 - y)
0 1 0

sin(90 - y) 0 cos(90 - y)

'cos(ft) sin(A-) 0
-sin(A-) cos(ft) 0

0 0 1

cos(a) 0 sin(a)
0 1 0 Lf (1)

— sin(a) 0 cos(a)

"cos(90-y) 0 -sin(90-y)~
0 1 0

sin(90 - y) 0 cos(90 - y)

cos(— PO) sin(—fi0) 0
-sin(-&) cos(-/80) 0

0 0 1

~ cos(a) 0 sin(a)
0 1 0 Lf

— sin (a) 0 cos (a)
(2)

where the crossing vectors in the sensor frame are both given as unit
vectors in the Zs direction. Then the horizon crossing vectors in the
body frame are given as

~cos(90 - y) cos(ft) sin(a) - sin(90 - y) cos(a)~
-sin08/)sin(a)

sin(90 - y) cos(ft) sin(a) + cos(oO cos(90 - y)
(3)

LB =
cos(90 — y) cos(/?0) sin (a) — sin(90 — y) cos(a)

sin(/?0) sin(a)
sin(90 — y) cos(/?0) sin(a) + cos(a) cos (90 — y)

The horizon crossing vectors and nadir vector in the body frame,
NB, satisfy the following:

L • NB = LB • NB = COS(T?) (4)

where 77 is the half-Earth disk angle and a function of Earth's equa-
torial radius re and satellite altitude h:

rj = (5)

Satellite

Space to Earth Crossing

FOV Cone

Cone Axis (e)

Ref Point
Earth to Space Crossing

*looking from space towards sensor

Fig. 1 Geometry of a scanning horizon sensor.
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